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PRELIMINARY DESIGN 
OF AN AGRICULTURAL AIRPLANE 

I. INTRODUCTION 

The use of aircraft in agriculture has increased greatly in this 

country during recent years because of (1) the expanding industriali- 

zation of our economy, which has created a growing shortage of agrar- 

ian workers, and (2) the population explosion, which has necessitated 

converting our arable land into residential areas while, at the same 

time, demanding an increased production of agricultural products. 

Consequently, agriculture has turned to aviation for a labor- saving, 

time- saving, and production- increasing device such as the agricultur- 

al airplane. 

The aerial application of chemicals, seeds, etc, reduces the 

time required for spraying, dusting, and seeding operations and the 

resulting increase in the volume of work per man -hour reduces labor 

requirements and represents a pc'- c! 1 saving to both farmer and 

consumer while producing a better product. 

By 1962, the treatment of soil from the air throughout the world 

covered a total of some 167.5 million acres and, since then, the an- 

nual world coverage has increased approximately 6 percent per year. 

When one considers that the world population increases at a rate of 

5400 people every hour and that this number is expected to double 

within the next 40 years, it appears that an expanding market exists 



2 

for agricultural aircraft. However, relatively few airplanes have 

been designed and built specifically for this purpose. For the most 

part, those currently in use are airplanes modified for this task but 

originally intended for some other purpose. The result has been a 

compromise of both airplane performance and pilot safety. The work 

presented in this thesis attempts to alleviate these shortcomings by 

presenting an airplane designed specifically for agricultural work. 

Before proceeding, the design requirements must be reviewed 

and a set of ground rules established. An airplane suitable for agri- 

cultural work must incorporate specified levels of performance, op- 

erating economy, and pilot safety. These are discussed in the follow- 

ing paragraphs. 

Performance requirements vary according to (1) the payload 

that must be carried, (2) the area of operation, and (3) the prevailing 

weather conditions. Considering the complete spectrum of work, typ- 

ical requirements are, at maximum take -off gross weight, a ground 

run of 1200 feet or less and an 800 -feet -per - minute rate of climb to 

altitudes up to 3000 feet. The power loading required to produce 

these results appears costly, at first, since engine overhaul expenses 

usually increase as the square of the power output. The fact remains, 

however, that the most direct method of accident prevention is to pro- 

vide the pilot with adequate power to cope with the unexpected emer- 

gencies associated with low -level flying. 
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The working speed should be as low as is practically possible. 

Operating speeds of 100 miles per hour or less are considered accept- 

able for most agricultural work. Speeds in excess of 100 miles per 

hour limit the pilot's capability to properly disperse the payload and 

Beverly reduce his chances of crash survival. 

The minimum speed of the airplane must also be considered. 

If the stall speed is greater than two- thirds of the operating speed, 

the pilot is not likely to have the proper control during low- altitude 

maneuvers. Also, the distances required to take off and land would 

prevent the pilot from using many rough, unprepared airstrips for re- 

loading operations. For these reasons, it is imperative that the air- 

plane have a low wing- loading and a high power -to- weight ratio. 

Economy dictates that both production and operating costs be 

kept at a minimum. To remain competitive with other methods of ap- 

plication, an agricultural airplane has special need for design simpli- 

city coupled with interchangeability and accessibility of components 

and equipment. The airplane must be of rugged construction and eas- 

ily serviced and /or repaired at remote operating sites. The power - 

plant should be commercially available and capable of operating for 

long periods with a minimum of trouble and maintenance. A reason- 

able load- carrying capability must likewise be provided. A ¿000 - 

pound hopper capacity is considered adequate for most operations. 

At some time during their careers, the majority of agricultural 
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pilots experience an incident or accident, be it a forced landing, an 

error of judgment, or one of the many unavoidable situations associ- 

ated with low- altitude flying; therefore, pilot safety must be consider- 

ed. The cockpit should be positioned so that a collapsible structure 

exists between the firewall and the pilot. Most existing agricultural 

aircraft satisfy this requirement by locating the hopper between the 

firewall and the cockpit. The cockpit itself should be free from sharp 

obstacles and readily accessible from the outside. To further ensure 

pilot safety, the fuel tanks should be located as far from the pilot as 

possible. Overhead tanks and those buried in the wing root are com- 

pletely unacceptable since, if the fuel should ignite, safe exit from 

the airplane is prevented. 

Based upon the foregoing design requirements, the following 

ground rules were established for this design: 

1. Biplane construction with an open cockpit 

L. Interchangeable upper and lower wing sections 

3. A 2200 -pound payload capacity 

4. Low wing loading (10 to 15 lb /ft2) 

5. High power loading (8 to 12 lb /hp) 

6. A 100 mph working speed 

From the moment a new design is contemplated until the final 

drawing is completed, a definite work plan must be established. The 

design procedure adopted for this study is as follows: 
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1. Estimate take -off gross weight and prepare a three -view 

drawing consistent with design assumptions. 

2. Establish lift and drag characteristics. 

3. Calculate airplane performance. 

4. Perform a stability analysis to size tail surface areas. 

5. Establish limits for center -of- gravity travel. 

6. Construct a balance diagram to ensure that items of equip- 

ment and structure are in proper relation to each other for 

purposes of design stability. 

7. Revise three -view drawing if necessary. 

The results of these steps are presented in the following chap- 

ters. Lift and drag characteristics are established in the second 

chapter, and performance calculations presented in the third. The 

weight breakdown and stability analyses are discussed in the fourth 

and fifth chapters, respectively. The resulting airplane configuration 

and performance is summarized in the last chapter. 
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II, AERODYNAMICS 

Introduction 

The study of aerodynamics concerns itself with the lift and drag 

forces and resulting moments that act on an airplane during flight. 

In general, the lift forces act perpendicular to the relative wind or 

the line of flight, and the drag forces act parallel to the relative wind. 

In level unaccelerated flight, the propulsion system must furnish a 

net thrust force adequate to balance the aerodynamic drag, which is 

the resistance of tha air to the passage of the airplane. The lift for- 

ces generated by the wing must be large enough to support the weight 

of the airplane. 

The total drag of a low -speed airplane consists of parasite drag 

and induced drag. Parasite drag is the sum of the profile drag of the 

wing and the structural drag of the fuselage, landing gear, and other 

components not associated with the production of useful lift. Profile 

drag equals the sum of the wing form and friction drags and is inde- 

pendent of both angle of attack and aspect ratio. The induced drag is 

that part of the total wing drag resulting from wingtip vortices. The 

induced drag is independent of wing section and reduces to zero for 

two -dimensional flow. 

An airfoil is defined as the chordwise cross section of a three - 

dimensional wing. Theoretical methods are available for approximate 
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calculations of airfoil lift and drag characteristics. However, most 

airfoil data presently available are based on wind- tunnel tests of 

scale models. To eliminate the effects of aspect ratio, tests are 

made on wings running completely across the test section of the tun- 

nel, thus simulating two -dimensional or infinite aspect ratio flow. 

Before application can be made to a given problem, these data must 

be corrected for the three- dimensional flow characteristics found 

around any real wing of finite span. Furthermore, wind- tunnel tests 

are usually conducted at Reynold's numbers different from those en- 

countered in actual flight. Therefore, scale corrections must also 

be applied to permit accurate use of the data with full -scale aircraft. 

Lift Characteristics 

An NACA 4412 airfoil section was selected for this design since 

it combines a high maximum lift coefficient with a smooth stall break, 

Both two- and three- dimensional characteristics are plotted versus 

angle of attack in Figure 2. It should be noted that standard leading 

edge roughness was assumed. Although standard roughness is consid- 

erably more severe than that caused by the usual manufacturing irreg- 

ularities, it is representative of conditions resulting from service. 

The two -dimensional airfoil data, as obtained from Reference 1 

(infinite aspect ratio, RN = 6x106), was first corrected for the effect 

of Reynold's number. Since maximum lift coefficient is realized at 
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or near the stalling speed of an airplane, the Reynold's number was 

calculated for an estimated stall speed of 60 miles per hour at sea 

level: 

where 

RN = 
Vc 

= 3.91x10 6 

V = velocity, fps 

c = mean aerodynamic chord length 

= 7 ft (Figure 1) 

y = kinematic viscosity at sea level 

= (1.572)(10)-4 ft /sect 

2 -1 

The resulting decrease in maximum two - dimensional lift coefficient 

(Figure 2) was obtained from Reference 11 (p. A89). 

The maximum value of lift coefficient is further reduced when 

three -dimensional flow characteristics are considered. The percent 

change in maximum lift coefficient (CL ) as a function of aspect 
max 

ratio is correlated in Reference 12 for rectangular wings using NACA 

four -digit airfoil sections. A 2 percent reduction is representative 

of the wing geometry selected for this design. 

The relative positioning of the upper and lower wings also has 

an influencing effect on CL 
max 

tion (3, p, 133): 

as expressed by the following equa- 



where 

O. 06 
oCL +0.104s 

max (G/7)1.5 

_ -0.034 

2 -2 
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G = distance between wings 

= 7 ft (Figure 1) 

c = mean aerodynamic chord length 

= 7 ft 

s = distance in percent chord that the upper wing is placed 

forward of the lower wing (referred to as "wing stagger ") 

0.25 (Figure 1) 

Thus, the maximum lift coefficient corrected for Reynold's number, 

aspect ratio, and wing interference effects is 

CL = (1. 33)(0. 98) - 0.034 = 1.27 
max 

and has been plotted as such in Figure 2. 

The geometric angle of attack consists of two parts, the effec- 

tive angle of attack and the induced angle of attack. Two wings having 

the same area, airfoil section, and airspeed will produce equal lift 

provided their effective attack angles are the same. If the two wings 

have different aspect ratios, the one with the smaller aspect ratio 

will have a larger induced angle of attack and, consequently, will 

= 
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need a larger geometric or total attack angle to produce equal lift. 

For this reason, the lift -curve slope decreases when passing from a 

higher to a lower aspect ratio planform. Equation 2 -3 (3, p. 130) 

was used to determine the lift -curve slope for the planform described 

in Figure 1. 

where 

ao 
a 

w 
1 

18.24ao(1+T) 
n 

= 0. 062 per degree 

a = three -dimensional lift -curve slope, per degree 

ao = two -dimensional lift -curve slope, per degree 

= 0. 102 (Figure 2) 

n = effective aspect ratio 

3.24 (Equation 2 -4) 

T = correction factor for nonelliptical lift distributions 

= 0. 116 (3, p. 52) 

Z-3 

The aspect ratio for a monoplane equals the span squared divid- 

ed by the wing area. When considering a biplane, the span must be 

replaced by an effective span equaling that of a monoplane having the 

same wing area and induced drag as the biplane. Accordingly, 

= 

w 

= 



where 

(k 
1 

b)2 
n - 

S 
w 

3.24 

b = wing span 

= 36 ft (Figure 1) 

S = wing area 
w 

= 504 ft2 (Figure 1) 

k1 = Munk's span factor 

= 1.12 (3, p. 45) 

Drag Coefficient 

2-4 
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The total drag of a subsonic airplane consists of two parts, 

parasite drag and drag due to lift. Parasite drag, in turn, is the sum 

of the wing profile drag and the structural drag of all components not 

contributing to the production of useful lift. Written in coefficient 

form, the total drag is 

CD = CD + CD + CD. 
TOT w st 

2 -5 

= 

i 



where 
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CD = wing profile drag 
w' 

CD = structural drag 
st 

CD = induced drag 

Profile drag for the NACA 4412 airfoil section is plotted in Fig- 

ure 3. Estimating a maximum velocity of 150 miles per hour at 5000 

6 
feet, the Reynold's number is (8.5)(10) . When considering the realm 

of flight between stall and maximum speed, the average Reynold's 

number is (6.2)(10)6. Thus, the data presented in Figure 3 need not 

be corrected for scale effects. 

where 

Drag due to lift was calculated using Equation 2 -6. 

C 2 

C = L 
D. Trne i 

C = lift coefficient 

n = aspect ratio 

e = Oswald's efficiency factor 

2 -6 

For most aircraft, e varies from 0. 70 to 0.85 depending upon as- 

pect ratio, wing taper, and twist. A value of e = 0. 82 is represen- 

tative of the planform selected for this design (11, p. A65). 

L 



Thus, 

CD = 0. 12CL 
2 

i 

where n - 3. 2_4 as previously discussed. 

2 -7 
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The induced drag coefficient was calculated versus lift coeffi- 

cient, and the results entered in the second column of Table III. In 

column 3 are those values of wing profile drag as obtained from Fig- 

ure 3. The wing profile drag was added to the induced drag, and the 

sum entered as the total wing drag coefficient in column 4. 

The structural drag coefficient for the fuselage, landing gear, 

dusting unit, and tail surfaces was found by summing the equivalent 

parasite area f of each component and dividing by the wing area S : 

f 
CD STr 

Tr 

S Ds 5w w 

2 -8 

where CD equals the drag coefficient of the individual components 
Tr 

based on some proper area S . Calculations are summarized in 
Tr 

Table IV. Values of CD for the landing gear, dusting unit, and 
Tr 

tail surfaces were obtained from Reference 11 (p. A114), and CD 
Tr 

for the fuselage from Reference 5 (p. 13.4). With the exception of 

the tail surfaces, values off CD 
Tr 

were based on the maximum 

w 

J 

i. 
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cross -sectional area of the component. The drag coefficient of the 

tail surfaces was based on the exposed planform area. 

That portion of the structural drag resulting from the use of ex- 

ternal wing struts was calculated using Equation 2 -9 (6, p. 217). 

where 

2k wl 
2 

pSw 

= 0. 00284 

k2 = empirical factor 

_ (8.12)(10)-6 (6, p. 217) 

w = width of struts 

= 3 in (assumed) 

1 = total length of struts 

= 70 ft (Figure 1) 

S = wing area 
w 

=504fí 2 

p = standard air density 

2 -9 

That portion of the structural drag resulting from the use of 

streamline flying wire for external rigging was calculated as follows 

(6, p. 216): 

C - 



where 

CD pS 
w 

(8. 28)(10) -5tf 

= 0.00258 

t = diameter of flying wire 

= 0.375 in 

= length of wire 

= 100 ft (estimated from Figure 1) 

S 
w 

= wing area 

= 504 ft2 

p = standard air density 

It is customary to increase CD 
st 

for mutual interference between components. Thus, 

15 

2 -10 

by 10 percent to account 

CD = (0.02335+0.00284+0.00258)(1.1) 
st 

= 0. 03165 

Since CD remains constant with lift coefficient, it was added to 
st 

the numbers in column 4 of Table III. The results represented the 

total airplane drag coefficient (CD ) and are plotted versus lift 
TOT 

coefficient in Figure 4. 

Q 
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III. PERFORMANCE 

Introduction 

The performance characteristics of an airplane are determined 

by analyzing the forces that act on the airplane during a steady -state 

condition of level flight, climb, and turn. Performance items of par- 

ticular interest are maximum and minimum speeds, rate of climb, 

turning radius, take -off and landing distances, and range. With the 

exception of landing and take -off distances, most performance char- 

acteristics of an airplane are uniquely determined once the power re- 

quirements are established. 

While it is possible to calculate performance by purely analyti- 

cal methods, a combination of graphical and analytical techniques 

simplifies the required calculations. The usual method is to calcu- 

late the power available and the power required for horizontal flight 

at specified altitudes and weights. When the available and the re- 

quired curves are plotted versus velocity, their intersection deter- 

mines the maximum speed for the conditions selected. The difference 

between power available and power required is the excess power 

available for climb. The maximum rate of climb occurs at that speed 

where the excess power is maximum. 

The proceding analysis of unaccelerated level and climbing 

flight serves to determine maximum speed and climb performance; 
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however, it gives little consideration to the important problems of 

take -off, landing, and range. These special performance problems - 

two of which involve speed variations, hence accelerations other than 

gravitational - are likewise discussed in following sections. 

Power Required 

The power required for level unaccelerated flight was calcula- 

ted for altitudes of 0, 5000 feet, and 10, 000 feet. At each altitude, 

three different weights were assumed and the results plotted versus 

velocity in Figures 5 through 7. 

The procedure used for calculating the power required is out- 

lined in Table V. For the velocities in column 1, the lift coefficient 

was found by 

where 

C L qS 
w 

W = airplane weight 

= 3000 lbs 

S = wing planform area 
w 

= 504 ft2 
2 

q = dynamic pressure, lb /ft2 

3 -1 

The corresponding drag coefficients were obtained from Figure 4, 

W 



and the total drag, in pounds, calculated using 

where 

DTOT ^ GDTOTgSw 

CD = total drag coefficient 
TOT 

q = dynamic pressure, lb /ft2 

S 
w 

= wing planform area, ft2 

3 -2 

The horsepower required, column 6, was found using Equation 3 -3 

and the results plotted versus velocity in Figure 5. 

where 

h 
DV 

preq 375 

D = total drag, lb 

V = velocity, mph 

3 -3 

Power - required curves were likewise constructed for weights 

of 4400 pounds and 5800 pounds by noting that, for any one angle of 

attack, the velocity varies as the square root of the weight and the 

horsepower required as the cube of the square root of the weight. 

V W 

Vl Wl 

0.5 
3 -4 

18 

1 

1 
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here [Wl 

W 
2 

1.5 

3 -5 
hp 

recia 

In other words, any point on the 3000 -pound curve represents (1) the 

velocity for level flight at some angle of attack and (2) the horsepower 

required to maintain that attack angle. If weight is added to the airplane, 

all other quantities remaining the same, for each point on the origin- 

al curve there will be a point on a new curve with the relations that 

the abscissas are to each other as the square root of the relative 

weights, and the ordinates are to each other as the three -halves pow- 

er of the relative weights. 

For example, consider the 60- miles -per -hour point calculated 

in Table V and the plotted in Figure 5. At 60 miles per hour, the 

lift coefficient equals 0. 647 which, from Figure 2, corresponds to a 

5.2 degree angle of attack. If the angle of attack is held constant and 

the weight increased from 3000 pounds to 4400 pounds, the new velo- 

city and power required are found from Equations 3 -4 and 3 -5, re- 

spectively: 

1 
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V2 = (60) (4000) 0 5 = 72.6 mph 

1.5 
hpreq 4400 

= (67. 4) ( 3000 ) = 120 

The remaining points on the 4400 -pound curve and those required for 

the construction of the 5800 -pound curve were calculated using the 

foregoing procedure. The detailed calculations are outlined in Table 

VI, the numbers in parentheses being the reference Values of velocity 

and horsepower required as obtained from Table V. 

Power- required curves were also constructed (Figures 6 and 7) 

for altitudes of 5000 feet and 10, 000 feet, respectively. If a constant 

lift coefficient is maintained, values of V and hp req at a given 

point on the sea level curve are increased by the factor -0. S for 

the corresponding point on an altitude curve; 

V 
Vo 

6 (6)0. 5 

hp req 
o hpreq )0. 5 

3 -7 
( 

3 -6 

For example; again consider the 60- miles -per -hour point at 

2 
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sea level (3000 pounds) calculated in Table V. If the lift coefficient 

is assumed constant at 0. 647, the corresponding points at 5000 feet 

are 

1,7 
60 

Z 65 mph 
(0.928)0. 

67.4 
hp = =72.7 

reqU (0.928)0.5 

These values are plotted in Figure 6 and the remaining points for the 

3000 -pound airplane calculated in Table VII. The numbers in paren- 

theses are, once again, the sea level reference values obtained from 

Table V. 

In Figure 7 are plotted the power- required curves for an alti- 

tude of 10, 000 feet. The procedure used for constructing the 3000 - 

pound curve at 10, 000 feet is identical with that outlined in Table VII, 

C 

except v 
-0. 

J becomes 1.163. 

An altitude, the method of obtaining the power- required curves 

as a function of weight is basically the same as that described for the 

sea level calculations. The only difference being that the reference 

values used in Table VI become the velocity and power required for 

the 3000 -pound airplane at the altitude being considered. The results 

are plotted in Figures 6 and 7. 

The level flight velocity corresponding to an angle of attack a 

_ 



is given by 

2W 
`0. 5 

V - pSy/ 
3 -8 
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where C is the lift coefficient obtained from Figure 2. If the 
I 

same attack angle is to be maintained while turning at some bank an- 

gle (i, the velocity V must be increased by (COS13) 
0. 

5. The 

-0. 5 
reason being that, in turns, lift must equal W (COSß) Since 

the lift coefficient remains fixed for a constant a, the flight velo- 

city must be increased if lift is to equal weight. Furthermore, as 

the bank angle p becomes steeper, the horsepower required in- 

creases as the velocity cubed. Since the velocity varies as 

(COSß) 
-0. 

S, it follows that the power required in a banked turn will 

increase as (COS() -1.5 

For example, the level flight velocity at sea level correspond- 

ing to a 20- degree attack angle equals 

(2)(11.5) ]0.5 
p V 

(1. 27)(0. 00238) 
60m h 

where maximum weight has been assumed. From Figure 5, it is 

seen that the sea level horsepower required at 60 miles per hour is 

175. If the airplane is banked 35 degrees, the velocity and power re- 

quired to maintain the 20- degree attack angle become 

w 

- 
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= V (COS3) 0' 
S= 60(COS35)-0' 5= 

66. 3mph 
35ciea p=Odeq 

hp, = hp (COSp) 
O. 

= 175(COS35) 0' 5 = 236 req 

If the angle of b ik increases beyond 35 degrees, both the velocity 

and horsepower required increase as calculated in Table VIII. Cor- 

responding calculations were made for other attack angles and the re- 

sults plotted in Figure 8. Note that the dashed line connects those 

points found in Table VIII and represent a line of constant CL = 1.27. 

The sea level power required at various angles of bank was 

also calculated for an empty weight of 3000 pounds. The results are 

plotted in Figure 9. The procedure followed was identical to that pre- 

viously described for the 5800 -pound case. 

Power Available 

A Pratt FS_ Whitney 600- horsepower Wasp engine was selected 

for this design since extensive military and commercial service dur- 

ing the past 35 years has established this engine as a reliable power - 

plant capable of operating 1500 hours between major overhauls. 

Maintainance costs are minimum, since factory - rebuilt engines are 

commercially available and surplus parts easily obtained, The shaft 

horsepower developed by the engine is summarized in Table IX for 

V 
ç3- 

, eq=33deq 
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power settings and altitudes of interest (8, p. 14). The normal rat- 

ings represent the maximum power available for continuous engine 

ope ration. 

The efficiency of a propeller in converting engine shaft horse- 

power to thrust is obviously of tremendous importance to airplane 

performance. Since the propeller is attached to the engine, at what- 

ever speed the engine is run the propeller must be able to absorb the 

power furnished by the engine. Airplanes equipped with fixed -pitch 

propellers are not capable of utilizing full engine power at more than 

one speed - the design speed of the propeller. At lower speeds, the 

propeller torque requirements slow the engine down and, at higher 

speeds, it is necessary to throttle back in order to avoid overspeed- 

ing. For this reason, most propeller- driven aircraft are equipped 

with controllable -pitch propellers that permit efficient use of full 

power at all operating speeds. 

Regardless of propeller design, the maximum efficiency ranges 

between 83 and 85 percent depending upon fuselage interference ef- 

fects. Since these effects are relatively high for biplanes with radial 

engines, a value of 83 percent was selected for this design. 

Propeller efficiency decreases from the maximum as a function 

of flight speed. Values representative of this reduction are summar- 

ized as follows for controllable -pitch propellers (3, p. 337): 
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Velocity (mph) Efficiency (percent) 

150 83 

90 75 

60 60 

The thrust horsepower available for flight (Figures 5 through 9) 

was calculated using the following equation (6, p. 255): 

where 

THP = rIBHP 3-9 

BHP = shaft horsepower developed by engine 

= propeller efficiency 

For example, at cruise power setting, the thrust horsepower as a 

function of velocity is 

150 mph; THP = (400)(0.83) = 332 

90 mph; THP = (400)(0. 75) = 300 

60 mph; THP = (400)(0. 60) 240 

Minimum Speed 

In level flight, lift equals weight; in turns, lift must equal 

Wsecß where p is the angle of bank. The stalling speed in level 

flight, V, is found by the equation 
s 

= 

q 



0. 50 

whereas, in turns, the minimum flight speed, 

V 
s 

V' _ 

(Coso. )50 

irl 
s 

is 
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3 -10 

3 -11 

As the angle of bank increases, the stalling speed increases. As the 

bank angle approaches 90 degrees, the minimum flight speed ap- 

proaches infinity. 

The stalling speed was calculated for different weights and alti- 

tudes. These are summarized in Table X for level flight, and in Fig- 

ures 8 and 9 for turning flight. It should be noted that, at small ang- 

les of bank, the minimum speed is the stalling speed, i. e. , the velo- 

city at which C1 occurs. However, at a 58- degree bank angle, 
max 

the power -available curve intersects the power- required curve at the 

point: 89 mph, 448 hp (Figure 8). At this bank angle, the airplane 

cannot fly at the stalling speed (82 mph) because sufficient power is 

not available. Thus, the stalling speed is the minimum speed of 

flight only when adequate power is available. 

Maximum Speed 

The maximum speed of an airplane at any altitude is determined 

V 
s (CL 

2W 

p Sw max 
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by the intersection of the power -available and power- required curves 

at that altitude. From Figures 5 through 7, it is seen that the maxi- 

mum speed varies between 144 and 152 miles per hour, depending up- 

on weight and altitude. Likewise, the maximum cruising speed 

varies from 122 to 140 miles per hour. 

Rate of Climb 

By examining Figures 7 through 9, it is seen that at flight 

speeds less than maximum, the full -throttle power available is great- 

er than the required power. The amount by which the power available 

exceeds the power required is the excess power available for climb- 

ing. The excess horsepower multiplied by 33, 000 and divided by the 

weight of the airplane gives the rate of climb in feet per minute 

(9, p. 280): 

R/C = 
W 

( 3 3 0 0 0)(hpavail -hp 
hp r e q) 

3 -12 

The rate of climb as a function of velocity was calculated using Equa- 

tion 3 -12 for altitudes of 0, 5000 feet, and 10, 000 feet. The results 

are plotted in Figures 10 through 13. Sample calculations are pre- 

sented in Table XI. 

The preceding calculations indicate that the sea level rate of 

climb with maximum payload is 1450 feet per minute at 90 miles per 
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hour. However, when taking off from small fields, it is better to fly 

at the speed corresponding to the best angle of climb rather than the 

best rate of climb. If a line is drawn from the origin tangent to the 

rate -of -climb curve, the point of tangency determines the best angle 

cf climb and the corresponding airspeed. For example, consider 

line AB in Figure 10. The point of tangency is 66 miles per hour 

airspeed and 1200 feet per minute rate of climb. As a speed of 66 

miles per hour equals 5800 feet per minute along the flight path while 

the vertical gain in altitude is 1200 feet per minute, the angle of the 

flight path above the horizontal is 

-1 1200 
O sin 5800 - 12 degrees 

Thus, when taking off from a small field, the stick should be pulled 

back until the airspeed indicator reads 66 miles per hour. 

Turning Radius 

For a given velocity, the radius of turn is (6, p. 365) 

2 
V 

R - 
g tan ß 

3 -13 

As the angle of bank 13 increases, the radius of turn decreases. 

Since power required increases with bank angle, it follows that the 

minimum radius of turn is dependent on the power available. 

- 
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The procedure used for determining the minimum radius of turn 

is outlined in Table XII. For the velocities in column 1, the maximum 

horsepower available was obtained from Figure 5. The correspond- 

ing maximum drag coefficient was then found by 

(3 75) (hpavail) 

D qS V max w 
3 -14 

for V in miles per hour. The lift coefficient corresponding to 

CD was read from Figure 4 and entered in column 5. Note that, 
max 

regardless of available horsepower, the lift coefficient cannot exceed 

the maximum value of 1.27. The maximum angle of bank was next 

calculated by 

-1 W 
= cos max L 

3 -15 

where L = CLgSw. The minimum radius of turn was then found us- 

ing Equation 3 -13, and the result entered in column 10. The same 

procedure was repeated for weights of 4400 and 3000 pounds. The re- 

sults are plotted versus velocity in Figure 14. Note that, at one air- 

speed, the radius of turn is smallest. With the assigned powerplant, 

this will be the sharpest possible turn though, with increased power, 

a turn of even smaller radius can be made. 

Since, in a turn, it is dangerous to stall, the common rule for 

L 
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pilots is to maintain a speed at least 20 percent above stalling speed; 

this is the equivalent of saying that the angle of attack should be such 

that CL will not exceed 

C 
L max 

(1. 2) 
- O. 83 

Using this value of CL, the minimum turning radius becomes 

Rmin 31.4 
Q- 

w 

W 3 -16 

where all terms remain as previously defined (6, p. 370). The mini- 

mum turning radius, as given by Equation 3 -16, was calculated for 

each weight and the results plotted in Figure 14 as dashed lines. 

Take -off Distance 

The total horizontal distance required by an airplane to takeoff 

and clear a 50 -foot obstacle is the sum of the ground run, a transition 

distance, and the distance required to attain an altitude of 50 feet. 

The acceleration force during take -off equals the propeller 

thrust minus the sum of aerodynamic and rolling friction drag, If it 

is assumed that the accelerating force varies linearly with airspeed, 

the ground run in feet is given by Equation 3 -17 (6, p. 339): 

= 
S 

Z 
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V ' F 
t o 

F 
o o f 

3 -17 sg = Ft-Fo , ( ) -1 - 
ó-FtQn 

1- 
Fo _ 

where 

Vt = take -off velocity, fps 

Fo initial accelerating force, lb 

Ft = accelerating force at Vt, lb 

It is customary to use a take -off speed corresponding to 90 per- 

cent maximum lift coefficient (6, p. 336). 

Thus, 

Vt = 1.054Vs 
t s 

where Vs is the stalling speed in feet per second. 

The initial accelerating force, Fo, 
c 

3 -18 

equals the static propel- 

ler thrust minus the friction of the wheels on the ground. Thus 

(6, p. 335), 

(Kt_) (BHP) 

Fo (RPM)(d) 
Wµ 3 -19 

F-F 
` 

o 
= 



where 

K to 
= static thrust coefficient 
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= 90, 000 for typical variable -pitch propeller (3, p. 228) 

BHP = maximum shaft horsepower available for take -off 

= 600 

RPM = engine speed at take -off power 

= 2250 rpm 

d = propeller diameter 

= 9. 5 ft (assumed) 

W = take -off gross weight 

= friction coefficient 

= 0.05 for typical short -grass field 

The accelerating force at take -off (Ft) 

thrust minus airplane drag: 

3 5 

h F t (hpavail - p ) req Vt 

equals propeller 

3 -20 

where the horsepower available and the horsepower required corres- 

pond to the take -off velocity Vt(mph). 

The transition distance, which is the distance covered while the 

airplane changes attack angle and accelerates to climbing speed, was 

calculated using Equation 3 -21 (6, p. 342). 



WV 
st =0.011 

t 

2 
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3 -21 

where Vt is the take -off speed in miles per hour. 

The horizontal distance covered while climbing to an altitude of 

50 feet was determined using the following equation: 

s = 50cot0 

where 0 equals the best angle of climb. 

3 -22 

Take -off calculations are summarized in Table XIII. The horse- 

power required for Vt were obtained from Figure 5. The best an- 

gle of climb, column 10, was determined using the rate -of -climb pro- 

cedure previously discussed. The total take -off distance required to 

clear a 50 -foot obstacle is plotted versus weight in Figure 15, 

Landing Distance 

The total distance required to land over a 50 -foot obstacle con- 

sists of the horizontal gliding distance from 50 feet, the transition 

distance during which the airplane is changing attack angle, and the 

landing run after the wheels touch down. 

The approach velocity, Vg, 

considered to equal 

over the obstacle is normally 

t 

t 



V = 1.1V 
g s 
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3 -23 

where Vs is the stalling speed (6, p. 350). If D is the total 
g 

drag in pounds at velocity V , the gliding distance is 

50W 
s 

SO - D 
g 

where W represents the landing weight (6, p. 350). 

The distance, st, covered during transition is 

st = O. 067W 
D -D 

g 
5 / 

V 
2 2 

V -V 
g s 

3 -24 

3 -25 

where velocity is in feet per second and D , the drag, in pounds 
g 

at Vs (6, p. 350). 

If the airplane touches down at Vs and the landing run is 

maintained at the attack angle corresponding to CL 
max 

of the ground run is 

O. 0.077V 2 /C 

s = C log 0.30 r) 
g D 0.30 - -- 

CL V 
s 

where Vs is in miles per hour (6, p. 348). 

the length 

3 -26 

g 

\ D Vs 

s 

\ 

, 

) 
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Landing distance calculations are summarized in Table XIV. 

The lift coefficient at V was found using Equation 3 -1 and the cor- 
g 

responding drag coefficient obtained from Figure 4. The drag coef- 

ficient at CL was likewise obtained from Figure 4 and used to 
max 

calculate the lift -drag ratio at V . The drag in pounds at V and 
s s 

at V were found using Equation 3 -2. The sum of Equations 3 -24 
g 

through 3 -26 is the total distance required to land over a 50 -foot ob- 

stacle at sea level and is plotted versus weight in Figure 16. 

Range 

There are various methods of calculating the range of an air- 

plane. The most common method is Brequet's range equation which 

assumes that both propeller efficiency and specific fuel consumption 

remain constant during cruise. Breguet's equation for propeller - 

driven aircraft is 

where 

W 

R = 375 SFC D 
n 

W1 

R = range, mi 

= propeller efficiency 

SFC = specific fuel consumption, 

W 
o 

= initial weight, lb 

WI = final weight, lb 

lb 
lb-hr 

3 -27 
1 

r 
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Examination of Equation 3 -27 reveals that, to obtain maximum 

range with a fixed amount of fuel, flight must be conducted at maxi- 

mum [ (r}/SFC)(L /D)]. Since the airspeed corresponding to maximum 

[(r}/SFC)(L /D)] varies with gross weight, the cruise velocity must be 

continually changed as fuel is burned. For calculation purposes, how- 

ever, the velocity is optimized for maximum range at an average 

cruise weight. 

Range calculations are summarized in Table XV. For the 

weights in column 1, the velocity for maximum range (V ,) 
P 

was 

determined and the corresponding value of [(r}/SFC)(L /D)] substitu- 

ted into Equation 3 -27. The results are presented graphically in Fig- 

ure 17 as a function of airplane weight. 

The velocity for maximum range was found by establishing 

[(r}/SFC)(L /D)] as a function of velocity for the weights specified in 

Table XV. The procedure used is outlined in Table XVI for an aver- 

age cruise weight of 3000 pounds. The drag coefficients and horse- 

power required were obtained from Figures 4 and 6, respectively. 

The corresponding values of specific fuel consumption were obtained 

from curves in Reference 8, and the values for propeller efficiency 

approximated using data previously presented. The resulting value of 

[(r}/SFC)(L /Dnmax was then used to calculate range. 

The maximum range, as calculated by the Breguet method, is 

the ultimate that can be achieved. The fuel consumed during climb 

max 
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has not been considered, nor have provisions been made for flight at 

speeds greater than those corresponding to maximum range. For 

these reasons, operational figures are normally considered to equal 

85 percent of the maximum range obtained using Equation 3 -27 

(4, p. 338). 
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IV. WEIGHTS 

Introduction 

To arrive at a basis for performance and stability calculations, 

the gross weight of an airplane must be established. For on this 

gross weight will depend the wing area required and, consequently, 

the fuselage length, the tail surface areas, and the landing gear di- 

mensions. When an approximate figure for the gross weight has been 

decided upon, component weights are estimated using empirical rela- 

tions derived from existing design data. It is necessary to make 

these weight estimates as accurately as possible for, if the airplane 

should weigh more than estimated, the performance might be serious- 

ly compromised by the greater weight. If this should happen, and the 

weight is greater than estimated, it might be necessary to cut down 

the amount of payload, which certainly is not economical, or to cut 

down on the fuel load which, in turn, will decrease range. 

The center of gravity of an airplane is that point through which 

the resultant force of gravity acts. During flight, the center -of- 

gravity location is of vital importance since the longitudinal stability 

is dependent upon its location. For an airplane to trim at a given lift 

coefficient, it is necessary that the sum of pitching moments about 

the center of gravity equal zero. However, as payload is dispersed 

and fuel burned, the center of gravity, or "balance point, " changes. 



39 

If the airplane is loaded such that the center of gravity falls outside 

permissible limits, the airplane will become unstable, and trimmed 

flight will be impossible. For this reason, a balance diagram must 

be constructed from which the airplane center -of- gravity locations 

are calculated. The balance diagram shows the locations of the cen- 

ters of gravity of the components of the airplane as well as its con- 

tents. These centers of gravity are located by reference to suitable 

horizontal and vertical datum planes so chosen that all moment arms 

are of the same sign. 

Weight Breakdown 

The weight estimate for the airplane i,s summarized in Table I. 

The gross weight was first determined by fixing weights for (1) the 

propulsion system, (2) the crew and payload, and (3) the combustible 

load. These items constitute approximately 70 percent of the gross 

weight (9, p. 54): thus, 

gross weight -sum of items 1 through 3 

0.70 4 -1 

The difference between the gross weight and the sum of items 1 

through 3 yields the amount allotted for structural and miscellaneous 

equipment weight. 

The propulsion system includes the engine, propeller, and 
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nacelle. The engine and propeller weights were obtained from Ref- 

erence 8 and 9, respectively. The weight of the powerplant nacelle, 

consisting of exhaust manifold, engine starter and mounts, cowling, 

ducts, etc. , was calculated using the following relationship (9, p. 67): 

where 

where 

W 2(W 
( . 7 

na en) 

W na = nacelle weight, lb 

Wen = engine weight, lb 

The fuselage weight was estimated using (11, p. A166) 

Wf = ki(w +h) 

= fuselage length, ft 

w = maximum fuselage width, ft 

h = maximum fuselage depth, ft 

k = fuselage weight coefficient, ft 

4 -2 

4 -3 

The fuselage length, width, and depth were obtained from Figure 1. 

The fuselage weight coefficient is a function of airplane gross weight . 

and was found to equal 2.5 from Reference 11. 

The total wing weight was determined using the following empir- 

ical relationship (11, p. 140): 

. 

= 

en 

f 



where 

W = ßS wing w S 

nbW 0.5 

W = take -off gross weight, lb 

b = wing span, ft 

S = wing planform area, ft2 
w 

= wing weight coefficient 

n = maneuvering load factor 

4 -4 
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The wing weight coefficient was found to equal 0. 036 for externally 

braced biplanes (11, p. 140). The maneuvering load factor was as- 

sumed equal to 4.4 which is the lower limit as established by Civil 

Air Regulations for utility -type aircraft (11, p. A192). 

The landing gear weight was next found using the following equa- 

tion (9, p. 67) : 

where 

Wldg 1000(35+0.1L) 

W = take -off gross weight, lb 

4 -5 

L = length of longest landing -gear member, ft 

The tail surface weights were estimated using the following em- 

pirical equations (9, p. 66): 

(3 

'w 

= 



Rudder, 

S 

Wr 280(Sv+340) 

Elevator, 

Fins, 

Se 
We = 

280 (Se+340) 

Sf 

Wf 280 (Sv-490) 

Stabilizers, 

S 

W 
280 (Sh+475) 

4 -6 

4 -7 

4 -8 

4 -9 

42 

where Wr, We, Wf, and Ws represent the weights of the rudder, 

elevator, fin, and stabilizer, respectively, Sr, Se, Sf, Ss, Sv, and 

Sh represent the areas, in square feet, of the rudder, elevator, fin, 

stabilizer, total vertical tail, and total horizontal tail areas, respec- 

tively. 

Center -of- gravity Location 

The airplane center of gravity is located by means of the coor- 

dinates x and y . The values of these coordinates are found using 

the following relations: 



X = 
r wx 
J w 

'%wy 
- Y 5--w 
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4 -10 

4 -11 

where w is the weight of one individual item or component part of 

the airplane and x and y are the coordinates of the center of 

gravity of this item measured from some assigned reference axes 

(see Figure 1). The expression Ew is equal to W, the total 

weight of the airplane. 

The centers of gravity of the individual components as located 

in Figure 1 were located as follows (9, p. 94): 

1. Propeller - at centerline 

2. Powerplant - as specified by manufacturer 

3. Landing gear - center of tires 

4. Upper wing - 35 percent MAC 

5. Fuel - center of gravity of fuel tanks 

6. Payload - center of gravity of hopper 

7. Lower wing - 35 percent MAC 

8. Fuselage - 40 percent fuselage length 

9. Instruments - center of gravity of instrument package 

10. Pilot and seat - pilot's chest 

11. Horizontal tail - 35 percent MAC 

12. Vertical tail - 35 percent MAC 

13. Tail Wheel - center of tire 
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Center -of- gravity calculations are summarized in Table II for 

the airplane at maximum take -off weight. Since the centers of gravi- 

ty of the dispersible load coincide with that of the airplane, the longi- 

tudinal position of the airplane center of gravity (25 percent MAC) re- 

mains unchanged for the empty weight condition. The pilot, there- 

fore, need not worry about changes in trim as fuel is burned and pay- 

load dispersed. 
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V. STABILITY AND CONTROL 

Introduction 

An airplane is statically stable if any displacement from a given 

attitude sets up forces and moments tending to restore the original 

attitude. It is dynamially stable if the resulting motion is stable, 

that is, if any oscillations due to static stability are quickly damped. 

For normal design proportions, static stability is usually accompan- 

ied by dynamic stability. 

An airplane may rotate about three axes: longitudinal, lateral, 

and vertical. The longitudinal, or X -axis, is an imaginary line 

through the center of gravity of the airplane parallel to the thrust line 

of the propeller. Rotation about the X -axis is called roll. The angle 

of roll, ep, is considered positive if, when viewed from the rear, 

the airplane rotates in a clockwise direction. A rising left wing is 

the beginning of a positive roll. 

The lateral, or Y -axis, is an imaginary line through the center 

of gravity of the airplane, perpendicular to the X -axis, and horizon- 

tal when the airplane is on an even keel. Rotation about the Y -axis 

is referred to as pitch. The angle of pitch, 6, is positive if, when 

viewed from the left wingtip, the airplane rotates clockwise. 

The vertical, or Z -axis, passes through the center of gravity 

perpendicular to the X and Y axes. Rotation about the Z -axis 
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is termed yaw. If, when viewed from above, tha airplane rotates 

clockwise, the yaw angle, is positive. Thus, a moment tending 

to cause a right turn is a positive yawing moment and that tending to 

cause a left turn is a negative yawing moment. 

Longitudinal Stability 

Horizontal Tail Area Required 

An airplane is said to have static longitudinal stability if it 

tends to maintain a constant angle of attack in flight, once it has been 

trimmed to that angle. At the lift coefficient corresponding to the 

trimmed flight speed, the sum of pitching moments about the center 

of gravity must equal zero. If the pitching moment coefficient be- 

comes increasingly negative as the lift coefficient is increased from 

trim, the airplane is statically stable. On the other hand, if the 

pitching moment coefficient becomes increasingly positive as the lift 

coefficient increases from trim, the airplane is statically unstable. 

Thus, if an airplane is to possess satisfactory longitudinal stability 

characteristics, the slope of the CM versus CL curve must 
cg 

be negative at all points. 

It has been shown (3, p. 182) that the desired slope of the 

CM versus CL curve is of the form 
cg 

4, 



KlW 

dCL awSw 
5 -1 
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where K1 is a constant proportional to the stability required. For 

highly maneuverable aircraft, the value of K1 varies from -0. 0003 

to -0. 0005. A value of -0. 0003 was selected for this design. Thu 

dCM 
cg _(-0. 0003)(11. 5) 

dC1J 0.062 = -0.0558 

where the highest wing loading was assumed, since it is this value 

that sizes the horizontal tail area. 

The horizontal tail area required for longitudinal stability, as 

calculated from Equation 5 -1, was obtained using the equation for the 

slope of the 
CM 

versus CL curve. The basic equation in co- 
cg 

efficient form is 

dCMW dCMT dCMF, dCME 
dCL dCL dCL dCL dCL 

where CMW' 
CMT' CMF' 

and CME 

5 -2 

are the pitching moment 

coefficients of the wing, tail, fuselage, and powerplant, respectively, 

about the center of gravity. The wing contribution to longitudinal sta- 

bility was approximated by 

dCM` 
g_ 

+ + 
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dCMW 

dCL = x cg - x ac 5 -3 

where x 
cg 

and x ac are the locations of the airplane center of 

gravity and the wing aerodynamic center in percentage of the mean 

chord (7, p. 218). The mean aerodynamic chord (MAC) is defined 

as the chord of an imaginary wing which, throughout the flight range, 

has the same force vectors as the actual wings. In Reference 3, the 

location of the MAC with respect to wing geometry is correlated from 

wind tunnel data as a function of geometrical mean chord and stagger. 

Use was made of these results to locate the MAC as shown in Fig- 

ure 1. Since the airplane's center of gravity and the wing aerodynam- 

ic center are both located at the quarter chord, the stability contribu- 

tion of the wing is zero. 

The horizontal tail contribution to longitudinal stability is 

(3, p. 183) 

dCM,r at 
1 

52a wF1 

dCL - l- 
aw 

- 

= -0.00135 t 

St 

S c Tit 
w 

5 -4 
n 

r 



where 

at = slope of tail lift curve 

= 0.054 per degree (3, p. 185) 

a = slope of wing lift curve 

= 0.062 per degree (Figure 2) 

F1 = downwash correction factor 

= 0.640 (3, p. 188) 

n = effective aspect ratio of wing 

= 3.24 (Figure 1) 

St = horizontal tail area, ft 
2 

S = 
w 

wing area 

= 504 ft2 (Figure 1) 

= distance from center of gravity to aerody- 

namic center of tail surface 

= 16 ft (Figure 1) 

c = length of mean aerodynamic chord 

= 7 ft (Figure 1) 

= tail efficiency factor 

= 0.90 (3, p. 186) 

The fuselage contribution to longitudinal stability is 

49 

ri t 

1 



where 

dC K fw 
2 

Q 

dCL Swcaw 

= 0.0183 

i-5 

Kf = empirical factor developed from experimental evidence 

= 0.010 (7, p. 229) 

wf = maximum fuselage width 

= 4 ft (Figure 1) 

Lf = fuselage length 

= 25 ft (Figure 1) 

S 
w 

= wing area 

504 ft2 

T = length of mean aerodynamic chord 

= 7 ft 

a 
w 

= slope of wing lift curve 

= 0. 062 per degree 

The contribution of the powerplant to stability is 

CME=0.16 +0.02 
L 

= 0.0359 

5 -6 
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f 

= 



where 
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h = vertical distance from center of gravity to line of thrust 

= 0. 6 ft 

= horizontal distance from center of gravity to propeller 

= 7, 75 ft 

= mean aerodynamic chord length 

= 7 ft 

Substituting the results of Equations 5 -1, -3, -4, -5, and -6 

into Equation 5 -2 determines the horizontal tail area required for 

proper longitudinal stability. 

-0.0558 = 0.0 - 0. 0013St + 0.0183 + 0.0359 

St = 85 ft 

The horizontal tail surface consists of a fixed stabilizer and a 

movable elevator. For preliminary design purposes, the elevator is 

considered to equal approximately 40 percent of the total horizontal 

tail area (6, p. 403). 

Since sudden movements of the elevator create severe strains 

on the airplane structure, the elevator deflection on a commercial 

airplane is usually restricted to +20- degrees about the neutral posi- 

tion. On a military plane, greater movement is permitted, but it 

rarely exceeds 45 degrees. A + 30- degree deflection capability was 

assumed for this design. 

T 

R 
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Stabilizer Angle of Incidence 

It is desired that the fully loaded airplane trim during cruise 

with zero elevator deflection. The required stabilizer angle of inci- 

dence is -2.0 degrees and was calculated using Equation 5 -7 (3, p. 193). 

where 

C + x-a C 
JdCMF dCME 

M ( ) L 
L 

dC dC L 52C F 
it= o 

S L 
L 

+ ri l 
-aw 5-7 

S St 
.Q 

atilt S 
w 

= -2 degrees 

C 
M 

= airfoil moment coefficient at zero lift 
o 

_ -0.092 (7, p. 484) 

x = airplane center -of- gravity location, percent MAC 

= 25 

a = aerodynamic center location, percent MAC 

= 25 

CL = lift coefficient during cruise 

dCMF 

dCL 

= 0. 359 (V - 120mph) 

- fuselage stability derivative 

c 

C 

t 
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ME 
dC 

L 

= 0.0183 (Equation 5 -5) 

= powerplant stability derivative 

= 0.0359 (Equation 5 -6) 

at = slope of tail lift curve 

= 0.054 

= tail efficiency factor 

= 0.090 

S t = horizontal tail area 

= 85 ft2 

S = wing area 
w 

= 504 ft2 

= distance from center of gravity to elevator hinge line 

16 ft 

= length of mean aerodynamic chord 

= 7 ft 

F1 = downwash correction factor 

= 0. 640 

n = effective aspect ratio of wing 

= 3. 24 

a = angle of attack at CL = 0. 359 

= 1.8 degrees (Figure 2) 

Tit 

T 

f 

= 
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Stick -fixed Neutral Point 

Examination of the basic stability derivative (Equation 5 -2) 

shows that, for an airplane of fixed geometrical design, the value of 

dCM /dCL will vary as the center -of- gravity position varies. If 

cg 
the center of gravity is moved sufficiently rearward, the value of 

dCM /dCL becomes zero, and the airplane will exhibit neutral sta- 
cg 

tic stability. The corresponding center -of- gravity location is termed 

the stick -fixed neutral point and is denoted by the symbol No. If 

the airplane is loaded such that the center of gravity moves aft of 

No, the airplane becomes unstable, and trimmed flight is impossible. 

where 

The stick -fixed neutral point was calculated as follows: 

dCMW dCMT 
dCMF, dCME 

dCL dCL dCL dCL dCL 

dCM /dCL = 0 (definition of No) 
cg 

dCMW/dCL = No 25 (Equation 5-3) 

dCMZ,/dCL = 0.1105 (Equation 5-4) 

dCMF/dCL = O. 0183 (Equation 5-5) 

dCME/dCL = 0. 0359 (Equation 5-6) 

5 -2 
+ 

L L L 
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Thus 

No = 30.6 percent MAC 

Stick -free Neutral Point 

The preceding discussion of longitudinal stability was for the 

stick -fixed conditions. When the controls are freed, the elevator has 

a tendency to float up with increasing attack angle, thereby decreas- 

ing the airplane stability. For this reason, the stick -free neutral 

point must be defined. 

where 

If the stick -free neutral point is denoted by No 1, then 

Nol = N 
o 

+ 
C MS CH a l- 52awF1 

5 -8 
a 

w 
C n 
H_ 

= 28 percent MAC 

N = stick -fixed neutral point 
o 

= 30.6 percent MAC 

CM = elevator power 
b 

= -0. 0090 (Equation 5-9) 

CH = rate of change of elevator hinge- moment coeffi- 
a 

cient with change in elevator attack angle 

/II 
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_ -0. 00397 

= rate of change of elevator hinge- moment coeffi- 

cient with change in elevator attack angle 

= 0.00729 

a = slope of wing lift curve 

= 0.062 per degree 

F1 = downwash correction factor 

= 0.640 

n = 3.24 

Deflecting the elevator effectively changes the attack angle of 

the complete horizontal tail, thereby changing its lift and producing 

a control moment about the airplane's center of gravity. The magni- 

tude of the moment coefficient obtained per degree deflection of the 

elevator is termed the elevator power and was obtained using the fol- 

lowing equation (7, p. 251): 

dC da 
cg- _ 

CMb dbe at Swc dbe t 

-0.0090 

5 -9 

All terms in Equation 5 -9 have been previously introduced with the 

exception of dat /dbe. The rate of change of effective tail angle of 

CH 
b 

w 

S _ 4 __ 
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attack with elevator deflection varies with the ratio of elevator area 

to total horizontal tail area and equals 0.58 for this design (7, p. 250). 

The elevator hinge moment parameters CH and CH are 
a b 

functions of hinge setting, ratio of flap to airfoil chord, airfoil sec- 

tion, nose shape of elevator, and gap between stabilizer and elevator. 

Representative values were obtained for this design from Reference 

7 (p. 225). 

Forward Center -of- Gravity Limits 

The forward center -of- gravity location is limited by the require- 

ment that the elevator be capable of trimming the airplane at CL 
max 

The most forward permissible center -of- gravity location is depend- 

ent, therefore, upon elevator power (C ) and was calculated us - 
mó 

ing Equation 5-10 (7, p. 257): 

C 
mó 

- xfrwd - xac CL 
max 

r- 
52CL F1 

max 
a +i - 

ó + 
w t n 

emax dat 
dö 

e 

Cm 
idCMF dCME 

dC dC Lmax 

C m5 

= 
11.6 percent MAC xfrwd 

+ 5 -10 
Lmax 

I 

ac+` + 
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= 
forward center -of- gravity limit, percent MAC 

xfrwd 

x = aerodynamic center, percent MAC 
ac 

= 25 

C = elevator power 
m6 

= -0.0090 (Equation 5 -9) 

C = maximum lift coefficient 
L max 

b 
e max 

= 1.27 

= maximum elevator deflection angle 

= ±30 degrees 

aw 
= attack angle of wing at C 

max 
= 20 degrees (Figure 2) 

it = angle of incidence of tail 

_ -2.0degrees (Equation 5 -7) 

F1 = downwash correction factor 

= 0. 640 

n = effective aspect ratio of wing 

= 3, 24 

dat /d6e = rate of change of effective tail angle of attack with 

elevator deflection 

= 0. 58 

C = airfoil moment coefficient at zero lift 
m ac 

= -0.092 
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dCMF/dCL = fuselage stability derivative 

= 0.0183 (Equation 5-5) 

dCMP /dCL = propulsion stability derivative 

= 0. 0359 (Equation 5 -6) 

When the airplane is close to the ground, the problem of at- 

taining equilibrium at CL is aggravated by ground effects. 
max 

The major effect of the ground is to reduce the downwash at the tail, 

thereby increasing the tail angle of attack positively. Since this in- 

creased attack angle requires additional up elevator to maintain equi- 

librium at CL , further restrictions must be placed on the for - 
max 

ward center -of- gravity location. 

The shift of the limiting forward center -of- gravity location due 

to ground effects was approximated as follows (7, p. 259): 

Axfrwd 

26F1Cm 
S 

n(dat/dbe) 

= 8 percent MAC 

5 -11 

where all terms remain as defined in Equation 5 -10. Thus, the most 

forward permissible center -of- gravity location is 

xfrwd 
11.6 + 8.0 = 19.6 percent MAC 

= 
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Directional Stability 

When the longitudinal axis of an airplane is yawed from the di- 

rection of flight, a moment is created about the vertical axis through 

the airplane's center of gravity. If this moment is in such a direc- 

Lion that it tends to reduce the angle of yaw, that is, tends to make 

the longitudinal axis line up with the relative wind, the airplane is 

said to have positive directional stability. 

The degree of direction stability is indicated by the slope of the 

versus 4 curve, where C 
n 

is the yawing mement coefficient 

and 4 the angle of yaw. The results of numerous wind- tunnel tests 

(3, p. 206) indicate that desirable directional stability is obtained 

when 

where W/S 
w 

dC 

Cn 

= -0. 00005 S 
w 

is the maximum wing loading. 

5 -12 

The vertical tail is the principle source of directional stability. 

The required vertical tail area was calculated by assuming it to con- 

sist of two parts: LS required to neutralize the unstable fuselage 
vl 

moment, and LS required to provide the desired directional sta- 
vi 

bility of Equation 5 -12. AS and DS were obtained using 
y1 y2 

Equations 5 -. 1 3 and 5 -14, respectively. 

-n 



tvhe re 

AS Kv 
v1 2 (dCLT/d41)r1 f 

12 
K2d 

= 9. 76 ft 
2 

K 
v 

stabilizing area coefficient 

= 0.0025 (3, p. 207) 

f 
1 

= overall length of fuselage 

= 25 ft (Figure 1) 

5 -13 
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= distance from center of gravity to center of verti- 

cal tail 

= 16 ft (Figure 1) 

K2 = experimental constant 

= 0. 80 for a deep, full fuselage with a vertical stern 

post (3, p. 209) 

d = maximum fuselage depth 

= 5 ft (Figure 1) 

(dCLT /dy;)nf = effective vertical tail lift -curve slope 

= 0.04 for n = 1. 5 (3, p. 209) 

AS 
0.00005 Wb 

(dCLT/dOrlff2 

= 16. 35 ft 

5 -14 

P 

= 

.Q2 

- 

v2 
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where 

W = maximum airplane weight 

= 5800 lb 

b = wing span 

36 ft 

(dCLT j dO r1 = effective vertical tail lift -curve slope 

= 0.04 

distance from center of gravity to aerodynamic cen- 

ter of tail surface 

= 16 ft 

Thus the total vertical tail area required for directional stability is 

S = (1. 05)(9. 76) + 16.35 
vTOT 

=26,6 ft 
2 

where OS was increased 5 percent to account for the destabiliz- 
V 

ing effects of the propeller. 

Experience has shown that satisfactory direction control is ob- 

tained when the rudder can neutralize the effect of a yaw angle approx- 

imately equal to the rudder deflection. For example, a 10- degree 

rudder deflection should hold about 10 degrees of yaw. This condition 

is obtained when the normal force on the vertical tail surface is equal 

to the normal force at 10 degrees yaw on that part of the fin area 

= 

Q2 = 
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required to stabilize the fuselage and propeller. In general, this con- 

dition requires that the rudder area be somewhat less than S . 
v 

2 

The ratio of rudder area to total fin area is normally a function of 

.AS and has been correlated as such in Reference 3 (p. 211). 
v 

...r 

or 

oS /S _ 0.386 
v i v TOT 

rudder area 
= O. 52 total fin area 

SR = (0. 52)(26. 6) = 13.8 ft2 

Lateral Stability 

The static lateral stability of an airplane involves consideration 

of the rolling moments due to sideslip. If an airplane has favorable 

rolling moment due to sideslip, a lateral displacement from wing lev- 

el flight produces sideslip and the sideslip creates rolling moments 

tending to return the airplane to level flight. By this action, static 

lateral stability is evident. 

The phenomenon of rolling moment due to sideslip, termed di- 

hedral effect, is denoted by the derivative dG /dip, where C 

represents the rolling moment coefficient and ii the angle of yaw or 

sideslip. Lateral stability will exist when the derivative dCf /dip 
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is positive. Thus, when the relative wind comes from the left ( +4 

a rolling moment to the right ( +C» should be created which tends 

to roll the airplane to the right. 

The most effective way of securing lateral stability is with di- 

hedral. Dihedral is defined as the angle at which the wings slope up- 

ward from the horizontal. If an airplane with dihedral is sideslipped, 

the wing into the wind is subject to an increase in angle of attack and 

develops an increase in lift. The wing away from the wind is subject 

to a decrease in angle of attack and develops a decrease in lift. The 

changes in lift effect a rolling moment tending to raise the windward 

wing. Hence, wing dihedral contributes a stable roll due to sideslip. 

The proper amount of dihedral depends, in a complex relation, 

on such factors as tail surface area, rudder and aileron effectiveness, 

fuselage shape, wing location with respect to the fuselage, wing span, 

and planform shape. For first approximations, it is recommended 

that the dihedral effect be one -half the magnitude of the direction sta- 

bility (7, p. 350), or 

From Equation 5 -12, 

dCe dC 

dtp 2 d4, 

dC 
n 

_ - (0. 00005)(11. 5) _ - 0,000575 

5 -15 



Thus, 

dCi 
= 0.0002875 

d4, 

For a given wing geometry, the rate of change of rolling mo- 

ment coefficient with angle of sideslip is (4, p. 486) 

where 

dC a ÿS 

d 
=-0.035 bSrr 

w 

_ -0.000256r 

r = wing dihedral angle, degrees 

a = wing lift- curve slope 

65 

5 -16 

= 0. 062 per degree 

= spanwise distance from fuselage centerline to center of 

the wing panel having dihedral 

= 10.7 ft (Figure 1) 

b = wing span 

=36ft 

= area of one wing panel haying dihedral 

= 200 ft2 
2 (Figure 1) 

S = total wing area 
w 

= 504 ft2 

S 
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The wing dihedral angle required for positive directional stabil- 

ity was determined by combining Equations 5 -15 and 5 -16. 

Accordingly, 

dCf 
= 0.000256r = 0. 0002875 

r = 1. 12 degrees 

Lateral control or control in roll is obtained by causing differ- 

ential lift to be developed on the opposite wings of an airplane. Vary- 

ing the lift is accomplished by means of ailerons which are hinged 

flaps at the trailing edges of the wings. Deflecting the ailerons will 

accelerate the airplane in roll about the X -axis. As the rolling velo- 

city increases, a new lift distribution is created which opposes the 

rolling moment due to aileron deflection. These damping moments 

are very powerful and, therefore, the ailerons must be very effective 

if a fast rate of roll is desired. 

The design criterion commonly used to evaluate lateral control 

effectiveness is the nondimensional parameter (pb) /(2V), with p 

the rate of roll in radians per second, b the wing span in feet, and 

V the airspeed in feet per second. Lateral controls for modern air- 

planes must provide minimum values of (pb) /(2V) for full aileron 

deflection. Minimum requirements for most airplanes range from 

0. 07 to 0. 09 depending upon the degree of manuverability desired 

d 
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(7, p. 352). 

In practice, it has been found that acceptable levels of lateral 

control are realized when the total aileron area (S ) a equals 10 per - 

cent of the wing area. For this design, 

Sa = (0. 10)(504) = 50. 4 ftG 

The corresponding value of (pb) /(2V) was calculated using the fol- 

lowing equation (7, p. 357): 

where 

dC da ba 
0. 079 

2,V da dSa 57.3CL 
p 

5 -17 

dCf /da = the rate of change of rolling moment coeffieicent with 

angle of attack 

= 0. 4 (4, p. 495) 

do/d6 
a 

= aileron effectiveness parameter 

dC 

= 0. 43 (7, p. 358) 

6a = maximum aileron deflection angle 

C = 
b 

- damping derivative 
pd(V) 

= 10 degrees 

= 0. 38 (7, p. 357) 

Thus, the aileron controls as specified in Figure 1 provide an accept- 

able level of lateral control. 

= 

a 

a 

L 
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VI, SUMMARY 

A biplane was selected for this design since it provides better 

maneuverability and stall characteristics than a monoplane of com- 

parable size and design simplicity --the reason being that the multi- 

Mane arrangement maximizes wing area for a given span. In this 

way, low stall speeds are realized with low aspect ratio planforms. 

The same results could be obtained with a monoplane by designing a 

higher wing loading and using flaps or other aerodynamic devices to 

improve stall characteristics. However, the resulting design com- 

plexity increases production costs and restricts the use of inter- 

changeable parts. 

A three -view drawing of the airplane is presented in Figure 1. 

The side view includes the center -of- gravity location for each of the 

major components as discussed in Chapter IV. Unique features of the 

design include a 55- cubic -foot payload hopper designed as an integral 

part of the fuselage structure and interchangeable upper and lower 

wing panels. The fuel tanks are located in the outboard sections of 

the upper wing and provide a total fuel capacity of 120 gallons. The 

hopper was sized to carry 2200 pounds, based on an average payload 

density of 40 pounds per cubic foot. Since most existing designs are 

restricted to loads ranging from 1200 to 1800 pounds, the 2200 -pound 

capacity allows the airplane to remain and work while others return 
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for reloading. 

The wing area was sized to provide a minimum speed of 60 

miles per hour at sea level with maximum payload. A gap -to -chord 

ratio of one was selected since it represents a reasonable compro- 

mise between structural and aerodynamic efficiency. A low effective 

a ;sect ratio planform was used to reduce both wing weight and lift- 

curve slope, the latter resulting in improved stall characteristics 

during maneuvers. The upper and lower wings are interchangeable 

since each has identical airfoil section and planform. Fullspan ailer- 

ons were also specified for this reason, and the need for wing flaps 

eliminated by restricting the wing loading to a maximum of 11. 5 

pounds per square foot. 

A reasonable level of longitudinal stability (dCM /dCL 
cg 

-0.056) was assured by (1) positioning the wings such that the 25 

percent MAC point coincided with the horizontal location of the air- 

plane's center of gravity, and (2) locating the tail surfaces approxi- 

mately 2. 5 chord lengths behind the wing quater- chord. Since the 

centers of gravity of the dispersible load coincide with that of the air- 

plane, the longitudinal position of the airplane's center of gravity re- 

mains unchanged as fuel is burned and payload dispersed. The hori- 

zontal tail will, however, provide positive stability for center -of- 

gravity locations between the limits 20 percent and 28 percent MAC. 

Airplane performance characteristics are presented in Figures 

= 
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1 through 8. The high power loading, 9. 7 lb /hp, and low wing 

loading, 11. 5 lb /ft 2 maximum, provided excellent climb and turn- 

ing performance for this type of aircraft. Reduced stall speeds and 

short field landing and take -off capability were also realized without 

sacrificing either design simplicity or payload capacity. The range, 

while adequate for most operations, can be increased 15 percent by 

carrying maximum fuel and off - loading payload to maintain constant 

gross weight. It is, therefore, submitted that this design fulfills the 

requirements necessary for a successful agricultural airplane. 
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Table I. Weight Sheet 

Structure Weight 1., 455 lb 

Fuselage 520 
Wings 775 
Vertical Tail 40 
Horizontal Tail 120 

Propulsion System 1, 225 lb 

Engine 850 
Nacelle 225 
Propeller 150 

Landing Gear 190 lb 

Main Gear 
Tail Wheel 

150 
40 

Fixed Equipment 100 lb 

Seat 
Instruments 
Radio 

30 
70 

Empty Weight 2, 970 lb 

Useful Load 2,850 lb 

Pilot 200 
Fuel 450 
Payload 2, 200 

Gross Weight 5, 820 lb 
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Table II. Center -of- Gravity Location 

Component 
Weight 

(lb) 
x 

(ft) 
MH 

(ft -lb) 
y 

(ft) 
MV 

(ft -lb) 

Propeller 
Powerplant 
Landing gear 
Upper wing 
Fuel 

150 
1, 075 

150 
387 
450 

0.00 
2.00 
5.20 
7. 75 
7. 75 

0 

2,150 
780 

2, 999 
3, 488 

5.70 
5. 70 
0.00 

10.60 
10. 60 

8,550 
6,128 

0 

4, 102 
4, 770 

Payload 2, 200 7.75 17,050 6.00 13,200 
Lower wing 385 9.40 3,638 3. 60 1, 393 
Fuselage 520 11.60 6,032 6.00 3,120 
Instruments 70 12.10 847 7.80 546 
Pilot and seat 230 14.00 3,220 7.70 1,771 
Horizontal tail 120 24.10 2, 892 6. 40 768 
Vertical tail 40 24. 30 972 8.80 352 
Tail wheel 40 26.20 1,048 3. 70 148 

TOTAL 5,820 45,116 37, 153 

x = 45,116/5,820 = 7.75 = 37,153/5,820 = 6.38 

Table III. Airplane Drag Polar 

CL CD CDP 
CDw 

CD 
TOT 

0.00 0.0000 0.0116 0.0116 0.04325 
0.20 0.0048 0.0103 0.0151 0.04675 
0.40 0.0192 0.0098 0.0290 0.06065 
0.60 0.0432 0.0103 0.0535 0.08515 
0.80 0.0768 0.0117 0.0885 0.12015 
0.00 0.1200 0.0140 0.1340 0.16565 
1.20 0.1730 0.0187 0.1917 0.20535 
1.25 0.1870 0.0210 0.2080 0.23965 

Table IV. Component Drags 
Component CD A 

(ft 

Fuselage 0.50 18 9.00 
Empennage 0.01 65 0.65 
Landing gear 0.50 3 1.50 
Dispersal unit 0.20 3 0.60 

CD S 
f 11 

504 5 = 0. 02335 
w 

f 

? 
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Table V. Horsepower Required at Sea Level, 
3000 Pound Airplane 

(mph) (lb/ft2) CL CD ( b) hpreq. 

40 4.1 1.450 0.310 640 68.4 
50 6.4 0.930 0.148 478 63.6 
60 9.2 0.647 0.091 421 67.4 
70 12.5 0.476 0.068 429 80.0 
80 16.4 0.363 0.057 471 100.5 

100 25.6 0.232 0.049 630 168.0 
125 40.0 0.149 0.045 905 302.0 
150 57.5 0.104 0.044 1,274 510.0 
160 65.5 0.091 0.043 1,420 606.0 

Table VI. Horsepower Required at Sea Level, 
4400 Pound and 5800 Pound Airplane 

Weight = 4400 Pounds Weight = 5800 Pounds 

V2 = 1.21 hp2 = 
1. 777hpREF V2 = 

(mph) 

1.39 REF 11132 = 2. 69hpREF 

(mph) 

(40) 48.4 (68.4) 122 (40) 55.6 (68.4) 184 
(50) 60.5 (63.6) 113 (50) 69.5 (63.6) 171 
(60) 72.6 (67.4) 120 (60) 83.5 (67.4) 181 
(70) 84.7 (80.0) 142 (70) 97.3 (80.0) 215 
(80) 96.8 (100.5) 179 (80) 111.0 (100.5) 269 

(100) 121.0 (168.0) 299 (100) 139.0 (168.0) 452 
(125) 151.0 (302.0) 537 (125) 174.0 (302.0) 810 
(150) 182.0 (510.0) 906 (150) 208.0 (510.0) 1370 
(160) 194.0 (606.0) 1075 (160) 222.0 (606.0) 1630 
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Table VII. Horsepower Required at 5000 feet, 
3000 Pound Airplane 

= 1.078VREF hper = 1, 078hpref 

(40) 43 (68.4) 73.7 
(50) 54 (63.6) 68.6 
(60) 65 (67.4) 72.7 
(70) 76 (80.0) 86.2 
(80) 86 (100.5) 108.3 

(100) 108 (168.0) 181.0 
(125) 135 (302.0) 325.6 
(150) 162 (510.0) 550.0 
(160) 172 (606.0) 653.0 

Table VIII. Horsepower Required for Turning 
Flight at Sea Level, 3000 Pound Airplane 

(dig) (COSp 
-0.5 

(COS(3 }1 5 (mph) hpreq 

0 1.000 1.000 60.0 175 
25 1.050 1.160 63.0 203 
35 1.103 1.348 66.3 236 
45 1.190 1.685 71.5 295 
50 1.248 1.938 75.0 339 
55 1.320 2.300 79.3 403 
58 1.375 2.590 82.5 454 
60 1.415 2.820 85.0 494 

Table IX. Shaft Horsepower Available 

Sea Level 5000 ft 10, 000 ft 
Power 

Settings BHP RPM BHP RPM BHP RPM 

Maximum 600 2250 550 2200 470 2200 
Normal Rated 550 2200 550 2200 470 2200 
Maximum Cruise 400 2000 400 2000 400 2000 

Va- 
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Table X. Minimum Flight Speed 

Sea Level 5000 ft 10000 ft 

Weight Velocity Velocity Velocity 
(lb) (mph) (mph) (mph) 

5800 60 64 69 
4400 52 56 60 
3000 43 46 50 

Table XI. Rate of Climb at Sea Level, 
5800 Pound Airplane 

V 

(mph) h) 

i.\hp R/C 
(fpm) 

60 185 1055 
70 220 1250 
80 245 1394 
90 255 1450 

100 240 1365 
120 175 995 
140 40 228 

Table XII. Minimum Turning Radius at Sea 
Level, 5800 Pound Airplane 

V q CP 
(mph)(l.b/ft2} pavail max C 

L 
Lift 
(lb) W/L 

ß 
(deg) Tanp 

R 
(ft) 

60 9.2 360 0.485 1.27 5, 890 0.986 10.0 .176 1, 370 
70 12.5 395 0. 336 1. 27 8, 000 0, 725 44.0 . 968 337 
80 16.4 425 0.242 1.26 10,400 0.558 56.0 1.480 288 
90 20. 7 450 0.182 1. 06 11,050 0.524 58.4 1.600 338 

100 25. 6 468 0. 136 .88 11, 350 0.512 59. 3 1.670 400 
120 36.8 489 0.082 .59 10, 850 0. 534 57. 8 1.600 600 
140 50. 0 500 0. 053 . 30 7, 550 0. 770 39.0 0.810 1,600 



Table XIII. Take -off Distance 

Weight Fo Vs Vt h h Ft s st O s50 sTOT 
(lb) (lb) (mph) (mph) avail preq (lb) (ft) (ft) (deg) (ft) (ft) 

5800 2230 60 64 376 175 1175 565 222 12 238 1025 
4400 2300 52 55 340 115 1536 256 95 20 137 488 
3000 2370 43 45 288 65 1862 174 36- 38 64 275 

Table XIV. Landing Distance 

Weight Vg CL CD D s50 1-2./ Ds st s sTOT 
(lb) (mph) g g (1bg) (ft) D Vs (lb) (ft) (ft) (ft) 

5800 66 1.033 0.174 976 297 5. 14 1, 130 294 495 1,086 
4400 57 1.053 0.179 750 294 5.14 860 212 372 875 
3000 47 1.053 0.179 510 294 5.14 585 145 254 693 

Table XV. Maximum Range 

Wavg Vopt [(r}/5FC)(L/D)] Rmax 
(lb) (mph) (miles) 

5800 110 11.35 328 
4400 93 10.35 405 
3000 80 9.12 513 

Note: Fuel weight = 450 lb 
Cruise Altitude = 5000 ft 



78 

Table XVI. Velocity for Maximum Range 

(mph) hpreg SFC CL CD L/D n [(1/SFC)(L/D)1 

70 75 0.530 0.548 0.077 7.13 0.655 8.83 
80 95 0.523 0.418 0.062 6.75 0.705 9. 12 

100 150 0.501 0.266 0.051 5.21 0.775 8.05 
110 190 0.497 0.220 0.048 4.58 0. 795 7.32 
120 235 0.485 0.190 0.047 4.04 0.810 6. 75 
130 295 0.466 0.160 0.046 3.48 0.820 6.13 

Note: Weight = 3000 lb. 
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Figure 1. Three -view drawing 
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Figure 12. Rate of climb versus velocity, 10, 000 feet 
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Figure 15. Take -off distance versus airplane weight 
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